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ABSTRACT
A separated flow panel method has been implemented for an investigation of wind tunnel
wall effects on finite wings. Vortex panels are used to model the wing surface, tunnel
surface, and the separated wake region. The solution procedure requires an inner and
outer iterative loop. Relaxation of the free vortex sheets comprising the separated wake
is conducted during the inner loop. The outer loop is an analysis of the boundary layer
to determine separation locations on the wing surface. A wing with Ale = 45 degrees,
AR = 3, A = 0.25, and a 64A005 airfoil section was the focus of the investigation because
a wind tunnel test of such a wing was also conducted. The wind tunnel test involved
acquisition of wing surface pressure distributions for angles of attack between -8 and 14
degrees, and for various leading and trailing edge flap deflections. The experimental wing
was relatively large in relation to the tunnel and was expected to have measureable wall
effects. The experimental wing had 370 surface pressure taps and, therefore, provided
detailed pressure distributions from which separation locations could be determined and
lift and drag coefficients calculated. The experiment provided an excellent reference with
which to compare results from the panel method and, therefore, most of the cases tested
with the panel method were for the wing and approximate tunnel dimensions from the
experiment. Comparison of results for the analytical model in free air and in the wind
tunnel provide information about the tunnel wall effects present in experimental testing.
Additional cases were tested with different tunnel diameters to investigate its effect on
wall corrections.
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Chapter 1
Introduction
Recently, there has been considerable interest in the analysis of the aerodynamic
characteristics of low aspect ratio wings with thin airfoil sections at high lift conditions.
Such conditions exist during landing, take-off and maneuver and can be characterized by
separation both from trailing edge breakdown and from leading-edge, tip-edge and part-
span separation. Advanced theoretical methods have been and are being developed to
model the complex flow fields associated with the several types of separation. There is,
however, a limited amount of experimental data with which to compare these theoretical
methods. Therefore, a wind tunnel test of a half-span wing with an aspect ratio of 3,
NACA 64A005 airfoil section, Ae = 45 deg., A = 0.25, and deflectable leading and
trailing edge flaps was conducted to obtain detailed wing surface pressure distributions
(370 pressure taps). Unfortunately, due to the thin airfoil section of the wing model
and the large number of pressure taps, a relatively large wing model to tunnel size was
required. The size of the model thus introduces limits to the angles of attack which may
be tested in order to avoid extensive wind tunnel wall effects.
After completing the wind tunnel experiment and analyzing the data, a study
of the wind tunnel wall effects on the wing model was conducted with a potential
flow/viscous/wake iterative vortex panel method. Because, as expected, extensive sepa-
ration occurred on the wing model during the wind tunnel test, an accurate analysis of
the wall effects required the modeling of separation over a low aspect ratio wing within
16
a wind tunnel environment. Analysis of the wall effects was performed in order to ob-
tain an estimate of the angle of attack limits to which the wing model could be tested.
The wall effects are clearly a function of the relative size of the model to tunnel (b/B),
so in addition to modeling the specific wind tunnel test which was performed, effort
was directed toward determining the sensitivity of the wall effects to that ratio. The
objectives were to provide information on angle of attack and model scale constraints
for wing testing with and without separation for relatively large models.
The potential flow/viscous/wake iterative vortex panel method used for this analysis
illustrates the increasing ability of panel methods to model complex aerodynamic flows.
Since the poineering work of Hess and Smith [9], in the mid 1960's, panel methods
have been used to compute the aerodynamic characteristics of aircraft configurations.
The early panel methods, however, were limited to the analysis of fully attached flows
and thus could not be applied to wings or airfoils at higher angles of attack where
separation is a dominant flow characteristic. Dvorak and Maskew [4], in the mid 1970's,
developed a two-dimensional panel method that calculated the flow about airfoils up
to and beyond stall. Henderson [8] and later Gilmer and Bristow [7] developed similar
panel methods with similar capabilities. In order to model separation, these methods
model the separated wake and determine the separation location on the airfoil using a
viscous boundary analysis. Although finite wings involve three-dimensional boundary
layers and more complex separated wakes, Dvorak etal [5] showed the feasibility of the
extension of his earlier work [4] to these flow conditions, and was thus the basis for the
separated flow model used in this analysis.
Panel methods have also been developed for the evaluation of subsonic wall interfer-
ence ([11], [15]) by simulating the presence of wind tunnel walls with panels. Burns [1]
combined the tunnel and separated flow models and developed a panel method for wall
17
effects on finite wings with separation. Although the structure of the code was already
complete, substantial effort and modification was required to improve its capabilities
for the analysis. Since the wind tunnel test was completed prior to the implementation
of the analytical model to the study of wall effects, the experimental results provided
an excellent data base with which to compare results from the vortex panel method.
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Chapter 2
Experiment
2.1 Introduction
A low speed wind tunnel test of a 45 degree leading edge sweep wing with an aspect
ratio of 3.0 was conducted at the Wright Brothers Facility (WBF) in early June 1987.
The wing was one of three semi-span wings of thin airfoil section (NACA 64A0051,
different leading edge sweep angles (25, 45, and 65 degrees), and deflectable leading
edge and trailing edge flaps. These wing models make up the McDonnell Aircraft Com-
pany's (MCAIR) Generic Fighter Research Wing Model system. The test reported here
included only the 45 degree leading edge sweep wing. The model semi-span wing, com-
ponent parts, and support mount were furnished by the McDonnell Aircraft Company.
The wing assembly configuration was completed with the addition of a reflecting plane
ground board designed and furnished by the WBF.
Acquisition of surface pressure distributions for various wing attitudes and flap de-
flections was the primary data objective. Pressure coefficients at the wing surface were
obtained for the geometric angle of attack range between -8 and 14 degrees. The pres-
sure coefficients were obtained at the following two nominal conditions: a) Reynolds
number of 1.0 million/ft and Mach number of 0.15; b) Reynolds number of 1.3 mil-
lion/ft and Mach number of 0.19. Such conditions correspond to nominal wind tunnel
velocities of 160 fps and 213 fps respectively. In addition to pressure coefficient data,
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global lift and drag coefficients, spanwise lift coefficient distributions, and local section
lift coefficients were obtained from discrete integrations of pressure coefficients over the
wing surface.
Before beginning the primary data acquisition, various reflecting plane configura-
tions were tested. Coefficients of pressure on the upper surface of the ground board
were determined. From comparisons of the pressure distributions on the ground board
for various reflecting plane configurations and wing angles of attack, a ground board
configuration for testing the wing was determined. This best configuration' was then
used for all surface pressure data acquisitions.
2.2 Generic Fighter Research Wing Model
Figure 2.1 illustrates the 45 degree sweep wing configuration. The wing model has
a NACA 64A005 airfoil section (root to tip) defined in the streamwise direction, a 0.25
taper ratio, 48 in. semi-span, 51.2 in. root chord, 1536 sq.in. half-planform area, and
a 3.0 aspect ratio. The model has deflectable 20% chord inboard and outboard leading
edge flaps and 25% chord inboard and outboard trailing edge flaps. Both the leading
edge flaps and trailing edge flaps extend from the wing root to 75% of the wing semi-
span. Flap brackets permit leading edge flap deflections of 0, 10, and 20 degrees and
trailing edge flap deflections of 0, 10, and 30 degrees.
The surface of the model has 370 static pressure taps with which to measure surface
pressure distributions. Figure 2.2 illustrates the wing axis system used to define wing
surface location. Figures 2.3 and 2.4 illustrate the distribution of pressure taps on the
wing surface. These taps are arranged in 10 chordwise rows on the upper and lower
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surfaces. The spanwise distribution of tap rows is given by
y= (b/2) = 0.05 +0.95cos( 0 (k 0,1,... 9) (2.1)
where k (row no. - 1) is defined in Figures 2.3 and 2.4. Each tap row includes a leading
edge tap, 24 upper surface taps, and 12 lower surface taps. Chordwise tap numbers 1
through 24 are on the wing upper surface while chordwise tap numbers 25 through 36
are on the wing lower surface. Table 2.1 lists the z'/c locations for the wing surface
pressure taps.
2.3 Model Installation In Wind Tunnel
The MIT Wright Brothers Low Speed Wind Tunnel has a closed return circuit. The
test section has an elliptic cross section 7.5 x 10.0 feet and is 15 feet long. The tunnel
currently is capable of producing wind velocities from 0 - 235 fps for tests at atmospheric
pressure. Figure 2.5 is a schematic diagram of the WBF.
The model was mounted vertically from the test section floor and on a turntable
which allows for rotation of the wing to various angles of attack. Since the model consists
of a semi-span wing, a ground (reflecting plane) board was constructed to simulate the
symmetric induced effects that the opposing semi-span would have on the model. Figure
2.6 illustrates the ground board and wing installation. The upper surface of the ground
board was located 20.5" (G/H = 0.23) below the centerline of the tunnel and level with
the wing root chord. The top of wind tunnel is located 65.5" (B/2H = 0.73) above the
upper surface of the ground board. The wing spans 73% (b/B = 0.73) of the vertical
distance from the upper surface of the ground board to the top of the wind tunnel.
Because the ground board was 4" thick, the most forward 8.5' of the ground board
were designed as a half ellipse.
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Three 18" (F/Cr = 0.35) long ground board flaps were attached at the trailing edge
of the ground board. They were capable of deflections upward which induced changes
of the air flow and attempted to make the finite ground board appear to the flow as an
infinite reflecting plane. The original ground board was designed to be of length Lo,IC,
= 2.56 with a distance from wing trailing edge to ground board flap rotation axis of
Ro/C, = 0.62. Because of concerns that deflection of the ground board flaps would
induce a pressure gradient upstream, it was decided to build a downstream extension
for the ground board of length E/C, = 0.94. It was argued that positioning the flaps
farther downstream, would subject the wing to less of a pressure gradient due to the
ground board flap deflections. With the extension, Le/IC = 3.50 and the rotation axis
of the ground board flaps was at a distance of Re/Cr = 1.56 downstream of the wing
trailing edge.
The ground board had three rows of static pressure taps along its length. These
taps provided data from which the pressure distribution along the test section could be
determined. Figure 2.7 shows the distribution of the pressure taps on the ground board
and Table 2.2 lists the locations.
2.4 Test Procedure
The test of the wing model was performed in two distinct phases. The first consisted
of a test of various ground board configurations. From analysis of the results of these
tests, the actual configuration for the second phase was determined. The second phase
included the acquisition of surface pressure distributions for various wing attitudes and
flap configurations.
During the first phase, the four ground board configurations listed below were tested.
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g.b. (length/Cr) g.b. flap deflection angle (deg)
short 2.56 0
short 2.56 10
long 3.50 0
long 3.50 10
In this first phase, the wing was tested without leading or trailing edge flap deflections.
The tests were conducted at a nominal Reynolds number of 1.0 million/ft, a nominal
Mach number of 0.15, and at geometric angles of attack of 0, 8, and 14 degrees. The
pressure distributions on the ground board for these ground board configurations and
wing angles of attack were examined to determine the "optimum" configuration for
the purposes of the second phase. Although the primary purpose of the ground board
runs was to obtain ground board surface pressure distributions, only 2 scanivalves were
required for that objective. Therefore, 75% of the wing surface pressures were also
measured.
An ideal reflecting plane would extend upstream and downstream to infinity. This
was not possible in the limited confines of the wind tunnel. Therefore, ground board flap
deflections were made in an attempt to simulate an infinite reflecting plane. With the
short ground board (Lo/C, = 2.56), the deflection of the ground board flaps increased
the pressures at the wing trailing edge (see figures 2.8 and 2.9) This would be expected
to affect the separation and other flow characteristics of the wing. With the long ground
board (L/C, = 3.50), the deflection of the flaps did not have an appreciable effect on
ground board surface pressures at the wing, but it did produce changes in the ground
board surface pressures in the wing wake region (see figures 2.10 and 2.11). Because
of the increased pressures upstream caused by ground board flap deflections and the
uncertainty of their effect on the flow, the second phase was conducted without ground
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board flap deflections.
The ground board extended 0.58Cr upstream of the wing leading edge for both the
long and short ground board. The trailing edge of the short ground board was 0.9 7Cr
downstream of the wing trailing edge. The trailing edge of the long ground board
was 1.91C, downstream of the wing trailing edge. Figures 2.12 and 2.13 are plots of
pressure coefficient distributions on the ground board surface for the short and long
ground boards with the wing at 14 degrees angle of attack. The differences between
the distributions prompted the selection of the long ground board for the second phase.
The differences between the ground board surface pressures for the two ground board
lengths could be due to differences in interactions of the wing wake and the flow from
beneath the ground board. The interaction of the wing wake and the flow from beneath
the ground board would be expected to vary with the downstream location of the
interaction. Because the momentum in the wing wake was small, pressure disturbances
due to the interaction could propagate upstream and affect the wing surface pressures,
and therefore, it was conjectured that the longer ground board would reduce this effect.
As stated previously, the second phase of the test consisted of the acquisition of
surface pressure distributions for various wing attitudes and flap deflections. Wing
surface pressure distributions were measured for geometric angles of attack of -8, -4,
0, 2, 4, 6, 8, 10, and 14 degrees for each wing configuration. A wing configuration
consisted of a specific leading edge and trailing edge flap deflection combination. The
seven different configurations examined are listed below.
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I.e. flap deflection (deg) t.e. flap
0
10
10
0
0
20
20
deflection (deg)
0
0
10
10
30
30
0
For the second phase, each configuration was tested at a nominal Reynolds number of
1.0 million/ft and a nominal Mach number of 0.15. A 0.1 in. wide boundary layer trip
of No. 120 grit was positioned at the 5% chord location for all configurations.
Additional tests of the 0-0 and 20-30 wing configurations were conducted to examine
the effects of Reynolds number and boundary layer trip on the wing surface pressures.
Both configurations were tested, with and without boundary layer trips, at a nominal
Reynolds number of 1.3 million/ft and a nominal Mach number of 0.19. These two
configurations were also tested, without a boundary layer trip, at a nominal Reynolds
number of 1.0 million/ft and a nominal Mach number of 0.15.
2.5 Data Acquisition
Quantities measured included tunnel dynamic pressure, tunnel static pressure, tun-
nel total temperature, and ground board or wing surface pressures. Data acquisition
was controlled using a DEC PDP 11/23. Eleven channels of data were used to obtain
the measured quantities. Eight channels were required for wing and/or ground board
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surface pressures. Total temperature, static pressure, and dynamic pressure each re-
quired one channel. Measured data was converted from analog to digital during the
data acquisition. Each quantity was determined by averaging 5 seconds of data samples
at a sampling rate of 100 samples/second.
A preliminary reduction of data was completed before the acquired data was stored.
This consisted of the determination of pressure coefficients from measured differential
pressures and the calculation of Reynolds number and Mach number from isentropic
flow relations.
Pressure data was acquired using nine differential transducers that measured the
difference between an applied pressure and a reference pressure. The reference pressure
for all transducers was the average static pressure at the vertical cross plane of the
model. This average static pressure was obtained from a piezo static pressure system
which averaged the static pressures from two ports which were located in the vertical
plane of the model and on opposite tunnel walls. (see figure 2.6)
An MKS 398 series Baratron Differential Pressure Transducer, located outside the
wind tunnel, was used to measure the tunnel dynamic pressure.
QBar = Pt- P (2.2)
This measurement was made by measuring the difference between the tunnel total pres-
sure (obtained from a total head probe located just upstream of the test section) and the
reference piezo static pressure. The other eight pressure transducers were Druck model
PDCR 22 differential transducers and were each located in one of the eight scanivalves
mounted within the ground board. The reference pressure for these transducers was
piezo static pressure. Wing surface pressures and/or ground board surface pressures
were applied to the active side of the transducer by the scanivalves. Each scanivalve
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unit has 48 input taps for applied pressures. The dynamic pressure, static pressure, and
total pressure were measured each time the group of eight scanivalve taps were set to a
specific scanivalve tap number.
Tap 48 applied tunnel piezo static pressure to the transducer and thus measured
the zero pressure offset of the transducer. An initial transducer pressure offset was
read before the pressure data was measured and was used to correct measured pressures
during the data acquisition.
Pero = P - P (2.3)
Tap 1 applied tunnel total pressure to the transducer and thus measured the tunnel
dynamic pressure. The reading of tunnel dynamic pressure on tap 1 served as a check
on the gains used to reduce the data. This tap should have a pressure coefficient of
unity. (Pt - r) -P(2.4)
QBar
The remaining 46 taps were used to apply either wing surface pressures or ground board
surface pressures to the transducer.
C (Pi -Pr)- P ro (i = 2,3,...,47) (2.5)
QBar
A final transducer offset was read on tap 48 after the pressure acquisition was completed.
A coefficient of pressure for tap 48 was determined and used in the data reduction to
correct the coefficients of pressure for shift in the zero offset.
C (P. - Pr)- ero (2.6)
If the zero pressure offset of the transducer did not shift during the time interval for
data acquisition, Cp, should equal 0.0. This serves as both a check and a basis for
corrections.
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2.6 Data Reduction
Overall, the reduction of the pressure coefficient data included corrections for zero
shifts in the transducers over the duration of each run, for transducer calibration un-
certainties, and for compressibility, as well as the removal of bad data points which
resulted from leaky and/or plugged pressure taps.
The duration of the data acquisition period for a single run was approximately 15
minutes. During this time, the tunnel temperature tended to increase several degrees.
On a few occasions the temperature decreased because the dynamic pressure was lowered
from 50 psf to 30 psf from one run to the next. In either case, the transducer zero
was sensitive to temperature variations. In fact, the variation of the transducer zero
with temperature was approximately linear. At the beginning of each run the zero of
the transducer was measured. All subsequent data measured on that transducer was
corrected for the zero offset of the transducer. At the end of each data run the shift in
the transducer zero was measured. Assuming that each of the 48 scanivalve taps was
read an equal increment of time apart, and that the zero shift was linear over the total
time period, each of the data points was corrected using a linear variation of transducer
zero with time.
(CP;J) = CP - -!Cp48 (i = 1,2,...,47) (2.7)
Each transducer was calibrated and a constant was determined which was used to con-
vert voltages to engineering units. Although these calibrations were carefully performed,
there are always uncertainties. Since tap 1 reads dynamic pressure and Cp, is calculated
by dividing the dynamic pressure determined from tap 1 by the the dynamic pressure
determined from the Baratron, minor corrections can be made to the data obtained
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from each scanivalve transducer by requiring that the corrected Cp, equals 1.0.
(C,),J= (CPJ (i= 1,2,...,47) (2.8)
CP1
The dynamic pressure used to calculate the pressure coefficients was obtained first
from the difference between total pressure and static pressure by assuming that the flow
in the wind tunnel was incompressible. Although the Mach numbers at which the wing
was tested were small, the flow was not incompressible. The actual dynamic pressure
was obtained from isentropic flow relations and was used to reduce the coefficients of
pressure.
qincomp. = QBar = Pt - Ps (2.9)
q = 0.7(P,)M2 (2.10)
- qincomp ( p) (i -1,2, ... 47) (2.11)q
Because of the possibility of blocked tubes or pressure leaks occuring due to model
changes, the taps involved in each model change were checked before the new wing
configuration was tested. A constant pressure source was used as the applied pressure at
the wing surface tap. This allowed for the determination of both incorrect connections
and leaky or plugged taps. Because of the difficulties and time required, it was not
feasible to make all the pressure taps functional after each model change. An average
of 3.6% of the taps were inoperable during the test with 5.7% being the maximum for
any one model configuration.
29
2.7 Results
2.7.1 Tunnel Wall Corrections
A model tested in a wind tunnel will not perform in exactly the same way as a model
in free air. Reference [18] discusses the errors and corrections involved in wind tunnel
studies. The presence of the tunnel walls constrains the air flow relative to that for free
air and therefore induces errors due to buoyancy, solid and wake blockages, and tunnel
wall induced angle of attack.
The buoyancy acting on the model is the force due to a pressure gradient along the
test section. Horizontal buoyancy" is usually insignificant for wings [18] and therefore
no correction for buoyancy was performed.
Solid blockage of the tunnel due to the model itself produces a reduced tunnel cross-
sectional area and hence an increased velocity at the model relative to what should exist
for the corresponding upstream and downstream test section velocities. Wing wake
blockage also produces a reduced tunnel cross-sectional area and hence affects tunnel
velocities. For this test total pressure was measured just upstream of the test section.
An average static pressure was measured at the vertical cross plane of the model by the
use of two piezo static ports in the tunnel walls (see figure 2.6). Flow in the test section
is assumed isentropic and therefore the total pressure is assumed constant in the test
section. Since the average static pressure in the vertical plane of the model was obtained,
the measured dynamic pressure and velocity were average values for the vertical plane
of the model and therefore no solid or wake blockage correction was performed.
According to the classical tunnel wall corrections for angle of attack as presented
in reference [18], tunnel walls induce an angle of attack on the wing model which is
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proportional to CL.
Cicorrected = agoometric + Ani (2.12)
Aai = 6(S)CL radians (2.13)
CDcor,,ct.d = CD + CD, (2.14)
CD; = AaiCL (2.15)
If the cross-section of the tunnel above the reflecting is approximated by a semi-circle
of radius R = 65.5" (see figure 2.14), 6 = 0.125 as determined in reference [18]. S and
C represent wing planform area and tunnel cross-sectional area respectively. For S =
3072 sq.in. and C = rR2, the ratio of S/C = 0.228 and the tunnel induced angle of
attack and tunnel induced drag are as follows:
Ai = 1.63CL degrees (2.16)
CD; = 0.029C2 (2.17)
Although this method is for unswept wings, reference [18] states that when the aero-
dynamic center of the swept wing and the pivot point for angle of attack coincide and
are near the tunnel centerline, the difference between the angle of attack induced by
the tunnel walls for the swept wing and unswept wing is small. Reference [16] states
that for a linearly tapered wing the location of the aerodynamic center is found from
the following equation:
1+2 1 b
XA = 1 + (3)2 tan(Al) (2.18)
where XA represents the distance distance aft from the quarter chord of the root section
to the wing aerodynamic center. The pivot point is approximately at the half chord of
the wing root (Xp = 12.80 in.) and XA = 15.36 inches. The two points nearly coincide
and therefore, the difference between tunnel wall corrections for a swept and unswept
wing are small. Note that, although an estimate for the induced angle of attack has
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been calculated, when the angle of attack is referred to, the geometric angle of attack
is implied.
2.7.2 Pressure Coefficients
Figures 2.15 - 2.20 compare wing surface coefficients of pressure for this test with
results of reference [2]. The model tested in reference [2] had a wing similar to the
MCAIR wing. The wing had a 44 degree leading sweep, -5.7 degree trailing edge sweep,
2.5 aspect ratio, and 0.2 taper ratio. The airfoil section was symmetrical. The upper
and lower surfaces were circular arcs which formed sharp leading and trailing edges.
The thickness of the airfoil section varied linearly from 6 percent of section chord at the
wing root to 4 percent of section chord at the wing tip. The wing of reference [2] was
tested at Mach number 0.26 and Reynolds number 0.16 million/ft (0.12 million based
on mean aerodynamic chord of ref. [2] wing) while the MCAIR wing was tested at
nominal Mach number 0.15 and nominal Reynolds number 1.0 million/ft (2.67 million).
The comparisons made here are for the MCAIR wing at 8 degrees angle of attack and
the wing of reference [2] at 8.3 degrees angle of attack, but similar comparisons could be
made for angles of attack between 0 and 14 degrees. The wing of reference [2] had six
spanwise rows of pressure taps. Figures 2.15 - 2.20 compare coefficients of pressure in
each of these rows with a similar spanwise row of the MCAIR wing. The points plotted
for reference [2] were obtained from graphs and therefore the pressure coefficients have
an uncertainty of approximately 0.05. The coefficient of pressure distributions for the
outboard 2 span locations of reference [2] agreed well with the coefficient of pressure
distributions obtained for the MCAIR wing (see figures 2.19 - 2.20). The pressure
coefficient distributions for the inboard 4 span locations of reference [2] follow the same
trend as those of the MCAIR wing but there are slight differences (see figures 2.15 -
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2.18). The differences between the coefficient of pressure distributions for the inboard 4
span locations of reference [2] and the coefficient of pressure distributions for the MCAIR
wing appear to be due to differences in the formation of the leading edge vortex. Note
that for the outer 2 span locations a developed leading edge vortex did not exist and
therefore the pressure coefficients agreed closely. These differences could result from the
Reynolds number variation between the two tests. The following section discusses the
effects of Reynolds number on the pressure coefficients. The differences discussed are
similar to those between the pressure coefficient distributions for the two wings.
2.7.3 Boundary Layer Trip and Reynolds Number Effects
Figures 2.21 - 2.28 illustrate the effects of boundary layer trips and Reynolds number
on wing pressure coefficients for the 0-0 and 20-30 flap configurations. Boundary layer
trips and increased Reynolds number induced reattachment of the separated flow over
the leading edge vortex at more forward chord locations (see figures 2.23 and 2.24). The
effects of boundary layer trips and increased Reynolds number were similar because they
both induced transition from laminar to turbulent flow.
Boundary layer trips had the most effect at the lower Reynolds number and the
increased Reynolds number had the most effect when the wing did not have a boundary
layer trip. Both the boundary layer trip and increased Reynolds number had the most
effect on coefficient of pressure distributions for span locations where reattachment of
the separated flow over the leading edge vortex occurred between 30% and 50% of local
section chord.
For the 20-30 flap configuration, the leading edge flap deflection inhibited the de-
velopment of the leading edge vortex and therefore the effect of either boundary layer
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trip or increased Reynolds number was limited (see figures 2.25 - 2.28). For the 0-0 flap
configuration at low angles of attack, reattachment of the flow over the leading edge
vortex occurred between 30% and 50% local section chord for outer span locations (see
figure 2.29). For the 0-0 flap configuration at angles of attack of 10 and 14 degrees,
reattachment of the flow over the leading edge vortex occurred between 30% and 50%
local section chord for midspan locations (see figures 2.31 and 2.32). As angle of attack
increased, the span locations most affected by the trip and Reynolds number moved
inboard.
2.7.4 Separation
The isometric plots of upper surface pressure coefficients illustrate the separation
characteristics of the wing. For the wing with no flap deflections, trailing edge separation
begins at outer span locations between 6 and 8 degrees angle of attack (see figures 2.29
and 2.30). At an angle of attack of 10 degrees, the outer 40% of the wing span was
separated (see figure 2.31). At 14 degrees angle of attack, the outer 60% of the wing
span was separated (see figure 2.32). Leading edge flap deflections decreased the extent
of separation. For the 20-0 flap configuration, trailing edge separation did not begin
until approximately 10 degrees angle of attack (see figures 2.33 and 2.34). Trailing edge
flap deflections increased the extent of separation. For the 0-30 flap configuration, flow
separation existed for angles of attack from 0 to 14 degrees (see figure 2.35). Trailing
edge flap deflections had a much greater effect on separation than leading edge flap
deflections. For the 20-30 flap configuration, flow separation also existed for angles of
attack from 0 to 14 degrees (see figure 2.36).
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2.7.5 Global Coefficients
The integration of pressure forces over the wing provides a lift coefficient and a
coefficient of pressure drag. In order to obtain a coefficient of drag, the friction drag of
the wing must be included.
CD = CD, + CDf, (2.19)
Reference [18] provides an estimate of the coefficient of friction drag for a wing with a
fully turbulent boundary layer.
0.910(CDf,)turbulent = (log 10Re)2 8 (2.20)
For a Reynolds number of 1.0 million/ft or 2.67 million, based on mean aerodynamic
chord, the estimated coefficient of friction drag is 0.007. For a Reynolds number of 1.3
million/ft or 3.5 million, based on mean aerodynamic chord, the estimated coefficient
of friction drag is also 0.007.
Tables 2.3 - 2.6 list CL, CD, ageometric, COcorrcted, and CDCo..rCcd for all cases tested.
Figure 2.37 displays the lift coefficient versus corrected angle of attack for each of the
wing configurations tested at nominal Re = 1.0 million/ft, nominal M = 0.15, and with
a boundary layer trip.
Reference [12] used force data to obtain coefficients of lift and drag for a wing having
48.54 degrees of leading edge sweepback, an aspect ratio of 3.0, a NACA 64A010 wing
section, and a taper ratio of 0.5. The MCAIR wing, with no flap deflections, differed
in the thickness of the wing section, the taper ratio, and the orientation of the airfoil
sections. The MCAIR airfoil sections were parallel to the root chord while the wing of
reference [12] had airfoil sections oriented with quarter chords at an angle of 45 degrees
to the root chord. Figure 2.38 displays the lift curve of the wing from reference [12] for
Reynolds number 4 million and Mach number 0.25 and the lift curve (versus corrected
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) of the MCAIR wing, with no flap deflections, for Reynolds number 3.5 million and
Mach number 0.19. The lift curve slope of the wing of reference [12] is approximately
0.052/deg and compares with 0.057/deg for the MCAIR wing.
Figure 2.38 also presents an approximation for the lift curve slope at zero lift ob-
tained from reference [181.
dCL_ AR
dC = 0-.1( AR+2) osA1/4 (2.21)
For the MCAIR wing, with AR = 3 and A1/4 = 38.66 degrees, equation 2.21 results in
a lift curve slope of 0.053/deg which is in reasonably close agreement with the lift curve
slope obtained from pressure integration.
Figure 2.39 is a comparison of the CL versus CDCV,..t,.d for the MCAIR wing and
reference [12] wing. These plots are for the same tests which provided the data for
figure 2.38. The results show relatively good agreement between the drag coefficients
obtained from pressure integration and those obtained from force measurements.
2.8 Summary
A low speed wind tunnel test has been carried out for a wing having a 45 degree
leading edge sweep, aspect ratio of 3.0, taper ratio of 0.25, and deflectable leading and
trailing edge flaps. The test was divided into the following three phases:
* Several reflecting plane configurations were tested and the pressure distributions
on the reflecting planes measured. Each reflecting plane configuration was tested
with the wing at 0, 8, and 14 degrees angle of attack and with no wing flap deflec-
tions. An optimum" reflecting plane was selected on the basis of these measured
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reflecting plane pressure distributions and was employed for the subsequent two
phases.
* Wing surface pressure coefficients were determined for leading edge flap deflections
of 0, 10, and 20 degrees and for trailing edge flap deflections of 0, 10, and 30
degrees. Measurements were made at wing angles of attack between -8 and 14
degrees and for nominal Reynolds number of 1.0 million/ft, nominal Mach number
of 0.15, and with a wing boundary layer trip.
* Three additional groups of measurements were made for the 0-0 and 20-30 flap
configurations at wing angles of attack between -8 and 14 degrees. These ad-
ditional measurements were conducted according to the three following groups:
(Reynolds number, Mach number, boundary layer trip) equal to (1.0 million/ft,
0.15, absent), (1.3 million/ft, 0.19, present), (1.3 million/ft, 0.19, absent).
The results of the experimental test indicate the following conclusions:
* Analysis of several ground board configurations showed that upwardly deflected
flaps at the trailing edge of the ground board produced an undesireable pressure
gradient upstream at the wing. Results indicated that ground board flaps should
not be deflected and the trailing edge of the ground board should be more than
one root chord downstream of the wing trailing edge.
* The coefficients of pressure obtained for this test are consistent with reference (2].
Each coefficient of pressure measurement had an approximate standard deviation
of 0.023. Results of repeat runs indicated that the coefficients of pressure are
repeatable to the order of magnitude of the standard deviation.
* The integration of coefficients of pressure over the wing surface is a reliable method
for obtaining estimates of the wing coefficients of lift and coefficients of pressure
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drag. Results showed good agreement with both theory and reference [12]. Ref-
erence [12] obtained force coefficients from force data and not pressure data.
* Results show that boundary layer trips and increased Reynolds number induced
reattachment of the separated flow over the leading edge vortex at more forward
chord locations. Both had the most effect on coefficient of pressure distributions
where reattachment occurred between 30% and 50% of local section chord.
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Chapter 3
Analytical Model
3.1 Panel Theory
This discussion of panel theory follows from reference [10].
3.1.1 Background
For most high-Reynolds-number flows in aircraft aerodynamics, viscous effects are
confined to thin boundary layers, thin wakes, and centers of vortex cores. If shocks are
absent and if rotational flow is confined to small regions, the flow may be modeled as
a potential flow with embedded infinitely thin vortex sheets and vortex cores. In in-
compressible flow, this simplifies further to a linear potential flow model and Laplace's
equation applies. The flow field and the position of the vortex sheets and cores can be
solved for by employing a boundary-integral type of approach with singularity distri-
butions solely on the surface of the body and vortex sheets. The linear potential flow
model is the model underlying the classical panel method.
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3.1.2 Governing Equations
For incompressible flow, the steady state potential flow equation reduces to Laplace's
equation.
a2, a24, a24' (3.1)a2 + 2 + a2p =0
where = f + Vip and p is the perturbation velocity potential. From Bernoulli's
equation
c, = 1- Uoo+1 2 (3.2)
3.1.3 Boundary conditions
* On a body surface Sb the tangential flow condition is enforced.
(#oo + V )- = 0 (3.3)
* On a vortex sheet S, two conditions must be applied. The vortex sheet lies along
streamlines and therefore the tangential flow condition applies. Also, the static
pressure is continuous across the sheet.
AC = CP(S+) - CP(S; ) = O (3.4)
* The Kutta condition is applied to insure that the flow leaves the trailing edge of
wing-like bodies smoothly".
* In the far field, the perturbation velocity vanishes.
Only for the rigid wake assumption is the boundary value problem linear. For the relaxed
wake, the boundary conditions are slightly nonlinear with 4P and highly nonlinear in
terms of the position of the wake vortex sheets.
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3.1.4 Integral representation of solution
For a three-dimensional rigid solid moving through a liquid it can be shown through
Green's theorem [14] that the perturbation velocity potential at a point P is
sPop f ( )dS J+ S - )dS (3.5)an 4rr an 4rr
The first term in equation (3.5) represents a distribution of sources while the second
term represents a distribution of doublets, both on the surface S. Since for every doublet
distribution there exists an equivalent vortex distribution [17], the perturbation velocity
potential can be represented by source and vorticity distributions. For this analysis,
source and vorticity distributions on the body surface and vorticity distributions on the
wake sheets were used to represent the perturbation velocity.
3.1.5 Discretization and Solution Approach
The surface of the body and wake are divided into "small" quadrilateral elements
(panels). Each panel has a control point, at its centroid, where the boundary condi-
tions are enforced. A suitable functional singularity distribution for the panels must be
assumed. The velocity influence at each control point due to a unit singularity distribu-
tion on each panel is calculated. A matrix of velocity influence coefficients (i.e. [I7]) is
formed [6], and the x, y, and z components of the perturbation velocities at all control
points are defined as follows.
{u} = [I,.]{7} + [Iq.]{q}
{V} = [7y]{'y} + [Iq1]{q} (3.6)
{w} = [L7 ]{7y + [Iq]{q}
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In a like manner, the normal components of the perturbation velocities at the panel
control points are defined as follows.
{Vn} = [I,]{'y} + [Iqn]{q} (3.7)
Since the tangential flow condition is enforced on the body, the normal component of the
perturbation velocity at each control point must be equal in magnitude, but opposite
in sign to the normal component of the freestream velocity.
[Il]{)} + [Iql{q}= -{(Uo)n) (3.8)
Thus, the panel singularity strengths, {7} and {q}, can be solved for by a simple matrix
inversion. For a relaxed wake, the boundary condition of zero normal flow at the wake
sheet control points is not enforced so that the wake shape may be found iteratively.
This does not, however, alter the solution procedure if the vorticity strengths of the
wake panels have a known relation to the vorticity on the body. This will be futher
discussed in the section on the wing model.
3.2 Model Basis
Wind tunnel wall effects on finite wing flow fields for conditions varying from fully
attached to fully separated flow were the primary objective using a separated flow
panel method. The wing model is, in fact, an extension of a vortex panel method
to three-dimensions. The basis for the model of a finite wing with separation is the
two-dimensional method of Dvorak and Maskew [4]. A two-dimensional airfoil is essen-
tially a wing of infinite span which itself is represented by a single strip of panels each of
infinite span; the three-dimensional model is a wing of finite span represented by several
strips of panels each of finite span. An increased number of strips is required, of course,
to account for variation in lift along the wing span.
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The solution procedure requires an inner and outer iterative loop. The outer iterative
loop is an analysis of the viscous boundary layer that determines separation locations.
The inner iterative loop allows for relaxation of the wake shape. Because the wake
shape is unknown a priori, an initial shape is assumed and relaxation proceeds until the
shape converges.
The wind tunnel wall effect on wings with or without separation, follows from mod-
eling both in free air and in a wind tunnel environment. The only modeling difference
between the two flow conditions is the presence or relative location of the tunnel walls.
The wind tunnel environment is modeled as a long open-ended cylinder installed in an
external flow field and parallel to that flow field. The wing is modeled as in free air,
but is located in the interior of the open-ended cylinder (see figure 3.1). Note that since
flow symmetry exists, the solution procedure can be simplified by discretely modeling
only the wing semi-span and the corresponding tunnel half.
3.3 Flow Regions
A sketch of the cross-section of a flow field for a separated flow wing is shown in
figure 3.2. Four distinct flow regions can defined.
* Potential flow regions
Those regions external to boundary layer, free shear layer, and wake regions.
Assumed to be irrotational flow since the shear is small in these regions and
therefore produces negligible vorticity.
* Boundary layers
The thin regions adjacent to the wing and tunnel surfaces in which velocity gra-
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dients and hence vorticity are large. The boundary layer is assumed to be of
negligible thickness and the modeled vorticity is concentrated on the physical
boundary surfaces.
* Free shear layers
The thin region of shed vorticity fed by the separating boundary layer. Assumed
to be of negligible thickness and therefore represented by a slip surface.
* Wake regions
The region bounded by the upper and lower free shear layers. Assumed to have
negligible vorticity and a constant total pressure and is therefore considered to be
a potential flow region.
Essentially, the modeling reduces the problem to only potential flow regions which
can be represented in a simple and straightforward manner by the use of vortex panels.
Panels distributed on the tunnel and wing surfaces represent the vorticity located in
the boundary layers and satisfy the tangential flow condition on those surfaces. The
free shear layers of the wake are also modeled with vortex panels. Swept, untapered
vortex panels with a linear distribution of vorticity along the panel chord and a constant
distribution of vorticity along the panel span are used [1].
3.4 Wing Model
The vorticity on wing surface panels models both the wing thickness and its lifting
character or circulation. Figure 3.3 illustrates the method of distributing panels on the
wing surface. The corners of wing panels are determined by dividing the wing into
streamwise strips of equal span and then placing points at the inboard and outboard
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edges of each strip and on the wing surface according to the following distribution.
' = 1- cost( ) where i = 0,nc (3.9)
c nc2
For a wing with arbitrary sweep and no taper, the four corner points of each panel
define a swept, untapered panel. For a wing with arbitrary sweep and arbitrary taper,
the four corner points define a swept, tapered panel which is approximated by a swept,
untapered panel of equal area. Equation (3.9) concentrates panels at the wing leading
edge and thus better defines the shape of the leading edge and locates more control
points where there are large variations in pressure.
Figures 3.4 and 3.5 represent the two basic flow conditions that exist for a streamwise
strip. The number of vortex strength unknowns at panel leading and trailing edges and
tangential flow conditions at panel centroids (control points) both equal 2 ncing. The
Kutta Condition for the attached case (figure 3.4), requires that t, = 0 while for the
separated case (figure 3.5), te,, = -. ,p. In order to balance the number of boundary
conditions and unknowns, a sheet source is distributed uniformly over the streamwise
strip. Since the vorticity of the upper free vortex sheet equals Y,,p and that of the lower
sheet equals -3,ep, the wake does not introduce any additional unknowns.
The vortex lines distributed on the panels trail downstream along the edges of each
streamwise strip. The trailing vorticity leaves the body surface at the separation node
and continues to follow the edges of the streamwise strip in the wing wake. At the
termination of the paneled wake, the vorticity trails downstream to infinity parallel to
the x-axis.
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3.5 Wake Model
Figure 3.6 shows the trailing edge separation flow model. The separation line and
free vortex sheets are discontinuous at the edges of streamwise strips. Free vortex sheets
are limited to vertical movement only and therefore wake roll-up is not modeled. Each
free vortex sheet is modeled with vortex panels joined end to end from the separation
line to termination of the sheet.
3.5.1 Wake shape relaxation
A free vortex sheet cannot support a pressure force and therefore must lie along
a streamsurface. Because the streamsurfaces are not known a priori, the wake shape
must be determined through an iterative process. Initially, the free vortex sheets are
specified to trail downstream at . The potential flow solution satisfying the wing
surface boundary conditions will produce normal velocities on the vortex panels of the
free vortex sheets until the wake shape converges to a consistent contour. Beginning at
the first panel downstream of separation and proceeding downstream, each panel must
be rotated by AO given by
AO = arctan( -_) (3.10)
Since the free vortex sheets are continuous the wake panels are translated before rotation
to insure that the leading edge of each panel coincides with the trailing edge of the panel
immediately upstream. Convergence of the wake shape is assumed when the normal
velocity on all wake panels is less than 1% of the freestream velocity.
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3.5.2 Wake length
An abrupt termination of free vortex sheets is physically incorrect, but is justified as
a reasonable approximation at a sufficient distance from the wing surface [4]. However,
the accuracy of the approximation is dependent on the length of the free vortex sheets.
Figure 3.7 shows the lift curves for a NACA 4412 airfoil with prescribed separation loca-
tions and various trailing vortex sheet lengths. Note that for angles of attack below stall,
the wake length has little effect on lift coefficient. Reference [4] suggests a methodology
for determining wake length which is adopted for this model. The wake length is defined
in figure 3.8. In order to determine the wake length the wake height and wake length
factor must be known. The wake height is dependent on separation location while the
wake length factor is obtained from an empirical curve which relates wake length factor
to airfoil thickness/chord ratio (see figure 3.9). Values of wake length factor presented
in [4] are limited to thickness ratios greater that 10 percent. Therefore, for thickness
ratios less than 10 percent, wake length factors were obtained by extrapolation. For the
64A005 airfoil section, an extrapolated wake length value of 3.0 was used for all cases.
3.6 Tunnel Model
As stated earlier, the tunnel is modeled as a long open-ended cylinder with vortex
panels distributed on its surface. Tunnels with elliptic cross-sections can be modeled by
specifying the major and minor axes. Figure 3.1 illustrates the paneling distribution on
the tunnel surface. Chapter 2 discusses the tunnel shape and reflecting plane location
used for the experiment. The panel method calculations were conducted with an ap-
proximate circular tunnel and the relative relationship between the actual tunnel and
the modeled tunnel is shown in figure 2.14. This circular tunnel was used because when
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modeling the actual tunnel shape, a discontinuity in the slope on the tunnel surface
occurs at the reflecting plane. The slope discontinuity induced an oscillating vorticity
distribution along the tunnel length for the adjacent panel strips. The circular tunnel
eliminates this effect and also is a close approximation to the actual tunnel. Rings of
panels are placed end to end to form the tunnel. The distribution of panels around each
ring is accomplished by placing control points on the tunnel surface according to the
following equation.
i- t-~(i - ) i = 1,4 * nst (3.11)
Rectangular panels are then determined from the intersection of planes tangent to the
tunnel at the control points.
When modeling flow through the wind tunnel, several conditions must be satisfied
or closely approximated.
* a uniform flow field of velocity Uo for tunnel locations far upstream of the model
* a stable flow condition for tunnel locations far downstream of wing.
* conservation of mass flow (i.e. no leakage)
The finite forward extension of the tunnel actually perturbs the flow at the inlet. How-
ever, the perturbation decreases as the tunnel boundary is extended further upstream
of the wing and Holt and Hunt [11] suggest that a forward extension of 10 chordlengths
is adequate for tunnel simulations. Reference [11] also suggests a check on the velocity
at the inlet because the blockage effect of the wing could reduce the inlet speed below
U,o if the upstream extension is not sufficiently long. For most cases tested, the flow at
the inlet was within approximately 1% of U,.
The vorticity trailing from the wing and downstream of the paneled wake is specified
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to trail in the direction of the tunnel central axis. Therefore, the wing trailing vortex
system is in a stable flow condition for tunnel locations downstream of the paneled wake.
In order to satisfy the stable flow condition, the remaining requirement is that vorticity
on the tunnel walls downstream approach a stable solution. The suggestion is that a
downstream extension of 10 chordlengths is adequate [11].
The leakage constraint through the tunnel walls requires some knowledge of where
leakage is likely to occur, so that paneling density can be increased in these areas. Since
flow "through tunnel walls" is most likely (for a finite number of control points) to
occur in the vicinity of the wing, panel control points have been concentrated there.
To accomplish this, the freestream length of the panels of successive tunnel rings were
specified by a sine function.
= I sin(--r) -sin(' -r) i = 1,nct (3.12)
c nct ntC
Since the tunnel extends equal distances upstream and downstream from the midpoint
of the wing root chord, the maximum paneling density is located there.
It should be noted that the tunnel is essentially treated as a wing, and thus, there
is a Kutta condition and a trailing vorticity system downstream of the paneled tunnel.
The Kutta condition is enforced simply by requiring the vorticity at the tunnel trailing
edge to be zero. The vorticity trailing downstream is specified to trail in the freestream
direction.
3.7 Boundary Layer Analysis
With the flow regions properly represented based on vortex panels, the remaining
requirement for predicting the aerodynamic characteristics of a wing is the determina-
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tion of any separation locations on the wing surface. The present computational model
has the option of specifying either the separation location or the Reynolds number.
When a separation location is specified, the model only requires the wake to relax until
it represents flow streamsurfaces. If the Reynolds number is specified, a boundary layer
analysis is performed to determine the separation locations.
As noted earlier, the wing was divided into several streamwise strips. The bound-
ary layer on each of these streamwise strips was approximated using two-dimensional
methods. Along each strip, the boundary layer was laminar from the stagnation point
to either the point of transition or of laminar separation. Because of the difficulty in
modeling a laminar separation bubble, immediate reattachment of the laminar separa-
tion as a turbulent boundary layer was assumed. From the transition or reattachment
location to the wing trailing edge, Stratford's Criterion for turbulent separation was
used to determine if the boundary layer separated. Although two-dimensional methods
were used, the flow on the wing actually had a component along the wing span. This
was partially accounted for by the definition of an effective two-dimensional velocity,
ue = 2 + (3.13)
which is the velocity used in the boundary layer analysis.
3.7.1 Laminar boundary layer
Thwaites [20] has shown that, for many types of laminar boundary layers, the mo-
mentum thickness(O) can be determined by
= 0.45 Is urd. (3.14)
e6
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He also defined a dimensionless pressure gradient parameter
02 due2 due (3.15)
v dx
Thwaites determined that laminar separation occured when A < -0.09. If u, is nondi-
mensionalized by u,o and it is noted that Re = , the above equations become
02 = 0.45 L U )d (3.16)L e( u6 U
= 62Re d() (3.1)
A=c (3.17)
L dx
With Re and the distribution of Xa known, the above equations determine and A
from the stagnation point to the point of either laminar separation or transition to
turbulence.
Michel [171 determined from experimental data on airfoils that transition from a
laminar to turbulent boundary layer occurs when
Re 1174( + 2 2 400Re 0.46 (3.18)
where
Re = Re u, (3.19)
Re = Ue = Re( u, (3.20)I Lt too
When laminar separation occurs, immediate reattachment as a turbulent boundary layer
is assumed. Transition is also assumed to occur over a negligible distance. That is a
laminar boundary layer momentum thickness at transition and laminar separation is
assumed to be the momentum thickness at the beginning of the turbulent boundary
layer.
(Pturbulent)initial = (laminar)f inal (3.21)
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3.7.2 Turbulent boundary layer
A modified version of Stratford's Criterion [19], suggested by Cebeci and Smith [31,
was used to determine if the turbulent boundary layer separated. Turbulent separation
was predicted by the following equation.
)OP~ ( 1 -O ~ 2 (~ ~(3.22)(10-6R)O.' = (z)(
7(z) < 0.3 no separation (3.23)
0.3 < (x) < 0.5 separation at Tmaz (3.24)
0.5 < 7(z) separation (3.25)
where
R = Umx (3.26)
= 
p
- P C - C (3.27)
2 I- C
Figure 3.10 presents the relationship between the actual flow parameters and the equiv-
alent (i.e. ) flow parameters. If turbulent separation is predicted at a panel control
point, the separation location is assumed to occur at the trailing edge of that panel.
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Chapter 4
Results
4.1 Paneling
Determination of the number of streamwise strips along the wing semi-span (ns),
the number of panels along the chord (nc), and the number of wake panels downstream
of the wing trailing edge was based on several factors, including modeling simplicity
and realistic behavior of the solutions. The analytical model of the wing consisted
of streamwise strips of constant span and panels which were distributed along those
strips in the chordwise direction. Typically, for a finite span wing, it is preferable
to have several streamwise strips along the wing span in order to model spanwise lift
variations as well as spanwise variations of separation locus. For the fully attached
case, the experimental wing discussed in Chapter 2 was modeled with as many as nine
streamwise strips. For the present model, however, convergence of the wake shape has
not been achieved for finite wings for which the ratio "- is greater than unity. Examples
presented by Dvorak etal [5] also included only cases for which the ratio is less than
unity.
The current limitations on ! for separated flows using the analytical model dis-
cussed in Chapter 3 are similar to those that the panel method developed by Burns [1]
experienced. He originally enforced a Kutta condition by specifying that Yte,, = -Tep
and applied this for both separated and attached flows. Thus, for an attached flow 7t,,
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= -tc,. This condition led to proper behavior for two-dimensional wings, or similarly
for wings with relatively "small" ratios of . Figure 4.1 illustrates the typical behavior
for attached flows when ! is no longer "small". The figure shows the vorticity dis-
tribution on the upper surface of a rectangular wing of at an angle of attack of zero
degrees. The wing had a NACA 64A005 airfoil section, AR = 6, nc = 20, ns = 6, b =
6.0, and thus the ratio -A is unity. Since the wing is at zero degrees angle of attack and
has a symmetric section, the lower surface mirrors this effect and the panel boundary
conditions are indeed satisfied. However, the large vorticities at the wing trailing edge
induce unrealistically large velocities at points near the trailing edge. In an attempt to
alleviate this problem, a Kutta condition for attached cases was enforced by specifying
that 'Yt = 0. This however, introduces an additional boundary condition since it in
effect requires the specification that 'Yte, = 0 and 'yte = 0. In order to equate the num-
ber of boundary conditions and unknowns the two tangential flow requirements on the
upper and lower surface trailing edge panels of each streamwise strip were replaced by
the single condition that the tangential velocities are equal on those two panels. Figure
4.2 shows the improved vorticity distribution on the upper surface of a rectangular wing
at an angle of attack of zero degrees and with these new boundary conditions. The wing
had a NACA 64A005 airfoil section, AR = 6, nc = 20, ns = 6, b = 6.0, and thus the
ratio ! is unity. The only difference between the testing conditions for figures 4.2 and
4.1 was the boundary conditions. The magnitude of the vorticity near the wing trailing
edge was reduced and thus the velocities at the trailing edge were reduced appreciably.
An increase in vorticity to a peak value occurred at the wing outboard trailing edge
panel. This problem was accentuated and affected inboard locations for wings with
increasing ratios of A-. Figure 4.3 shows the vorticity distribution on the upper surface
of a rectangular wing at zero degrees angle of attack. The wing had a NACA 64A005
airfoil section, AR = 3, ns = 6, nc = 20, b = 3.0, = 2.0, and shows the affect onb =20 n hw h feto
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inboard locations for ratios of greater than unity. Figure 4.2 clearly shows that the
problem is essentially a tip effect" because for a " value of unity, the vorticity peak
exists solely on the wing outboard trailing edge panel.
The finite thickness, or gap, which exists between the upper and lower surfaces at
the wing tip appears to be responsible for this "tip effect". Figure 4.6 shows the finite
distance which exists between the vorticity trails which follow the outer edge of the
outboard streamwise strips on the upper and lower surfaces. For a real wing, either
the thickness of the wing goes to zero at the wing tip or the wing tip essentially has
a vertical panel which closes the tip. A vertical panel still results in a vertical space
between the upper and lower vorticity trails, but the additional singularity distributions
and control points now affect the strengths of the vorticity trails and thus influence the
final solution. It was assumed that for an unclosed wing tip, the vorticity trails following
the outboard strip edges should be located vertically midway between the upper and
lower surfaces at the outboard edge. For a symmetric wing at an angle of attack of zero
degrees, this essentially ensures that the vorticity trails at the outboard edge vanish
since there is flow symmetry on the upper and lower surfaces and rL = -ru. Figures
4.4 and 4.5 are for the same wing and conditions as were figures 4.2 and 4.3 respectively.
The results for these figures were obtained by eliminating the voriticity trailing along
the outer edges of the outboard wing panels. For all panels on the outer edge strips, the
vorticity which was forced to vanish only included that vorticity trailing along the outer
edge of a panel which was due to upstream panels and not the vorticity trailing along
the edge of the panel from the bound vorticity on its own surface. The improvement
is dramatic and illustrates that there is a tip effect". The continued presence of a
reduced tip effect" was due to the vorticity trailing along the panel edge from the
bound vorticity on its surface. Since the velocity induced by ru and rL should be zero
if the upper and lower vorticity trails coincide at a vertically intermediate location, the
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effect of such a vertical gap can be determined by examining the velocity produced on
a panel control point by the vorticity trailing downstream along the panel edges at the
wing tip. The control point examined was on the upper surface outboard strip. The
wing was assumed to be at an angle of attack of zero degrees. The following derivation
relates to figure 4.6.
Vn 4rl (4.1)
TL 1= + () (4.2)
AV, = V,, + V,L (4.3)
AV u(+rL 1 2- = (1+ ,, ))(4.4)
-4rl u 1 +()2
For a = 0, rL = -ru
Vr, 1t)2 (4.5)4I 1+() 2)
Noting that,
b/2 1 b
= - = (4.6)2 ns 4 (4.6)
AV, = _r ( )( ) (4.7)
4?r b 1 + (4 )2r2
Since a real wing has a closed tip (r = 0), AV from equation (4.7) is zero. For wings
modeled with r nonzero, it is clear that when the ratio of approaches zero, AVn also
approaches zero. Thus for two-dimensional wings (n.! = 0), "tip effects" don't occur
as mentioned previously. As - becomes larger, AVn increases as illustrated by the
increased tip effect" present in figures 4.2 and 4.3. An increase in r for a constant
n also increases AVn. Figure 4.7 shows the vorticity distribution on the upper surface
bof a rectangular wing with AR = 6, nc = 20, ns = 6, b = 6.0, n of unity, and a
NACA 0010 airfoil section. Comparing results for figures 4.7 and 4.2, the doubling of r
increases the tip effect". However, a doubling in the magnitude of r has a lesser effect
than a doubling of n' as can be seen by comparing figures 4.2 and 4.3. Equation (4.7)
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indicates that AVn should in fact be affected more by a factor of 2 increase in " than
a corresponding increase in r.
Woodward [6] suggests problems generally exist for attached flow vortex panel meth-
ods due to the formation of an ill-conditioned matrix if tew and yte are not individually
set equal to zero . Instead of replacing the two tangential flow boundary conditions on
the upper and lower trailing edge panels with the one condition of equal tangential ve-
locities, he suggests the application of these two conditions along with the addition of
an unknown line source strength in the wing interior. He also states that the strength of
the line source should be relatively small because it is not needed to actually solve the
boundary conditions. Despite it being unnecessary, it did not in fact tend to vanish and
produced results which had varying effects at the wing tip depending on its location in
the interior of the wing.
The method of Dvorak etal [5] solved the problem related to determining the line
source location by distributing a sheet source on the wing surface. An interesting
aspect of the distribution of the sheet source on the surface is its solution of the "tip
effect" problem for attached cases. What is even more interesting is that Dvorak etal
[5] did not distribute sources on the surface to solve the "tip effect" problem. The
wing model was a direct extension of a two-dimensional model to three-dimensions, and
since the two-dimensional model distributed sources on the wing surface, the three-
dimensional model also did. Since the "tip effect" does not occur for two-dimensional
cases, the source distribution was not originally required to solve such problems and was
thus implemented for other reasons. Although the sheet source distributions were not
introduced for this purpose, they do indeed correct for AVn on the outboard streamwise
strip. Figure 4.8 shows the vorticity distribution on the upper surface of a rectangular
wing at zero angle of attack and with a NACA 64A005 airfoil section, AR = 6, nc =
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20, ns = 6, b = 6.0, -b of unity, and was obtained using the analytical model presented
in Chapter 3 and thus by distribution of sheet sources on the wing surface. No "tip
effect" is apparent and for ratios as high as 8 there are no further indications of 'tip
effects". Figure 4.8 shows the increase in sheet source strength at the tip for this same
wing. For positive values of rP, equation (4.7) predicts a AVn in the negative z-direction
for a control point on the upper surface and thus the increased source strength clearly
compensated for AV, on the outboard strip.
Since the wake is solved as discontinuous vortex strips, what has been referred to
as a tip effect" up to now, also produced similar solution behavior for wake shape
convergence when "b was greater than unity. Since the vorticity trails follow the edges
of the streamwise strips, and the wake is discontinuous at the edges of these strips, as
it is also on the body surface at the wing tip, a AVn exists at wake control points. This
is the reason that n, must be kept approximately equal to unity for the wake shape to
converge. Since no sources exists on the wake surfaces, the AVn cannot be compensated
for as simply as on the body surface. As a result, for positive angles of attack and
separation locations upstream of the trailing edge, the upper free vortex sheet has a
AVn in the negative z-direction. The lower free vortex sheet correspondingly has a
AV, in the positive z-direction. Therefore, the upper wake strips continuously rotate
down, the lower wake strips continuously rotate up, and the wake strips cross and do
not converge. In order to eliminate the AVn present due to discontinuity of the wake
sheets, three possible options are listed below.
* a) the wake sheets must be modeled continously
* b) the concentrated vorticity trails should not be located at discontinuous panel
side edges, but at locations intermediate to the edges of adjacent streamwise strips.
* c) the ratio i must be limited to values less than unity.
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Items a) and b) represent possible future approaches, but for the model as presented in
Chapter 3, the approach suggested for item c) was followed.
For a wing with Ale = 45 degrees, AR = 3, NACA 64A005 airfoil section, A = 0.25,
and b = 1.875, a value of approximately unity for ! requires ns = 2. Although only
two streamwise strips were used to model the wing, fully attached modeling based on ns
> 2 was carried out to show that cases with ns = 2 provided an acceptable result. An
investigation of the effects of ns and nc was conducted for a wing angle of attack of 10
degrees and fully attached flow. Figure 4.10 shows the variation of lift coefficient with
inverse number of semi-span panels for various numbers of chordwise panels. Note that
the CL convergence is not linear with the inverse number of semi-span panels as is the
case for most first order panel methods in which the lifting surface then is approximated
by a flat plate. For a flat plate vortex panel method, the modeled lifting surface is always
the identically same flat plate. Therefore, the actual values of ns and nc only change
the extent to which the pressure distribution is defined. For vortex panels distributed
on a wing surface, variations in ns and nc levels actually change the shape of the wing
that is being modeled. Thus the pressures and wing shape are better defined with an
increase in panel number and the variation of CL with /ns and 1/nc is not linear. The
behavior for nc = 5 is unexpected, however, for larger values of nc the variation of CL
with /ns is relatively consistent and appears to indicate a converged solution within
5% of that obtained from the following. [18]
dCL = 0.1( AR 2 ) cosA1/4 (4.8)
For a wing with AR = 3, A1/4 = 38.66, and a = 10 degrees, a theoretical lift coefficient
of 0.530 is obtained. Thus figure 4.10 shows that for ns = 2 and nc values of 5,10,15,20,
and 25, the panel method provides reasonable values of CL. The average CL for ns =
2 was within 8% of that predicted from equation (4.8) and there was a spread of 
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1.5% about the average. A nc value of 20 was chosen to model the wing because it
provided a suitable paneling density for the analysis. Figure 4.11 shows the variation of
CL with /ns for nc = 20. Figure 4.12 shows the variation of CL with 1/nc for ns = 2.
The wake downstream of the trailing edge for each streamwise strip was modeled with
4 panels. For most cases, this provided a relatively smooth and continuous paneling
distribution from the wing trailing edge into the downstream wake. The surrounding
tunnel surface was modeled with 20 panels along its length and with 10 panels around
half of the tunnel circumference. This provided an adequate paneling density for tunnel
sections in the vicinity of the wing model.
4.2 Comparison with experiment
The experimental data of Chapter 2 provides an excellent base with which to com-
pare results from the analytical method. Figure 4.13 compares the lift coefficients
obtained for the experiment and the lift coefficients obtained from the panel method.
Since the airfoil section is symmetric, the lift coefficient at zero angle of attack should
identically be zero. Apparently, the experiment was conducted with an angle of attack
offset that was determined by relating the lift coefficient at what had been thought to
be zero angle of attack to the lift curve slope at that point. From this information, an
angle of attack offset of 0.44 degrees was determined. When the experimental data were
corrected for the offset angle, results from the experiment and panel method proved to
be within approximately 2% for angles of attack up to and including 8 degrees.
The panel method predicted fully attached flow for angles of attack up to and includ-
ing 6 degrees (see figure 4.14). At 8 degrees, the analytical model predicted separation
of the outboard strip at approximately 5% of the local chord (see figure 4.15). From the
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experimental pressure distribution in figure 2.30, the outboard 50% of the wing appears
to be separated as predicted by the analytical model. The experimental pressure dis-
tribution in figure 2.29 also seems to justify the fully attached prediction for 6 degrees
angle of attack.
For angles of attack greater than 8 degrees, CL from the panel method is underpre-
dicted by approximately 6%. The upper surface pressure distributions obtained from
experiment (see figures 2.31 and 2.32), seem to show that separation exists near the
leading edge for approximately the outer 50% and 85% of the wing semi-span for angles
of attack of 10 and 14 degrees respectively. The panel method predicted separation over
100% of the wing semi-span for all angles of attack greater than or equal to 10 degrees.
The separation location for all angles of attack greater than 8 degrees and for both
the inboard and outboard strips was approximately 5% of the local chord (see figures
4.16 and 4.17). Since the experiment shows separation over less of the wing semi-span
than the analytical model for these angles of attack, modified panel method calculations
were performed which forced the inboard strip to remain attached. This was carried
out by specifying the separation location originally determined by the panel method
for the outboard strip as well as specifying that the inboard strip was fully attached.
Figure 4.18 compares the lift coefficient from experiment, the original calculations, and
the modified calculations. The modified panel method calculations for 10 degrees angle
of attack agree closely with experiment. Notice how the original and modified panel
method calculations bound the experimental data. This implies that the actual sep-
aration occurs between the root and 50% of the wing semi-span for angles of attack
greater than 10 degrees as was also seen in figure 2.31. Since a more accurate spanwise
variation of the separation locus could not be modeled for such a low aspect ratio wing,
this limitation cannot presently be avoided. If separation should occur over the outer
85% of the semi-span as suggested by experiment for 14 degrees angle of attack, the
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panel method can best approximate this with separation of the inboard and outboard
strips and thus underpredicts the value of CL. Although limitations in the discrete
spanwise separation locus possibly explain the underpredictation of CL for angles of at-
tack of 12 and 14 degrees, another difference between the experiment and the analytical
model is the prediction of separation for the inboard strip for a = 10 degrees. The
panel method predicted separation for the inboard strip while the experimental data
suggests fully attached flow. The presence of a leading edge vortex on the experimental
wing could possibly explain the differences between results from the experiment and
the panel method. A leading edge vortex formation on a swept tapered wing delays
separation. Since the panel method does not model a leading edge vortex formation, it
seems plausible that separation will not be delayed, as is the case for the panel method.
Thus, the limitations of the application of a two-dimensional boundary layer analysis to
this three-dimensional flow may account for the discrepancy in separation prediction.
In addition to the delay of separation, the formation of a leading edge vortex produces
a lift augmentation which the panel method does not include. Thus, for higher angles
of attack where the lift augmentation due to the leading edge vortex would be greater,
the lift coefficient from the panel method would be underpredicted. Although the lift
coefficients at the higher angles of attack were slightly underpredicted by the panel
method, the relative differences between the free air and wind tunnel analytical models
provide insights about the relative differences between the experiment and the actual
free air flow condition.
4.3 Comparison of free air and tunnel
Figure 4.19 compares the lift curves obtained from the panel method, for the wing
in free air and in the wind tunnel. Reference [18] presents a method for determining the
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angle of attack induced on a finite wing model in a circular tunnel by the use of image
vortices. Although that method is applicable for rectangular wings with a constant
spanwise lift distributions, it does provide a simple approximation for the induced angle
of attack due to tunnel walls. Figure 2.14 shows the location of image vorticies required
to produce a streamline at the tunnel walls. The image vorticies produce an upwash at
the wing and effectively increase the angle of attack of the wing model. As predicted
by classical corrections, the lift coefficient in the wind tunnel is greater than the lift
coefficient in freestream flow.
i = S( )CL, (4.9)C
C /C = 1 - )t (4.1
CLf/CL. = 1 - 8(C dc) (4.11)
The ratio of wing planform area to tunnel cross-sectional area (S/C) for the simulation
of the experiment was 0.228. For a circular tunnel 6 = 0.125 [181. The lift curve slope at
zero lift as determined by the panel method for the wing in the wind tunnel was (d-C)t
= 0.066. For these values, equation (4.11) predicts CLI/CL, = 0.89. Figure 4.20 is a plot
of CLI/CLt versus a for the original panel method calculations. The approximate ratio
of CLf/CL, was 0.86 and thus varies by only 3.5% from the theorectical calculation.
This implies that the tunnel wall corrections for lift coefficient do not vary much over
this angle of attack range even for large wing models. The relative consistency of
CLf/CL, gives some indication that an estimate of the wall corrections for separated
flow conditions on wings for moderate angles of attack such as 10 to 14 degrees, may be
obtained from an analysis of the wall corrections for an unseparated wing at low angles
of attack.
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4.4 Variation of tunnel diameter
The results discussed in this section refer to modeling of the 45 degree leading sweep
wing of Chapter 2 and circular cross-section tunnels with various ratios of wing span
to tunnel diameter. As the tunnel scale increases to infinity relative to the model scale
(b/B -+ 0), the flow in the wind tunnel approaches that of an equivalent free air flow
and thus CLf/CL, should approach unity. Also, as b/B approaches unity CL/CL,
should decrease due to the increased upwash produced on the wing model by the tunnel
walls. Figure 4.21 shows the variation in CLf/CLt for the wing at an angle of attack
of 4 and 14 degrees with various wing span to tunnel diameter ratios (b/B). For the
wing at ca = 4 degrees, CL/CL decreases rapidly as b/B is increased from 0.6 to 0.85.
For the wing at a = 14 degrees, the same trend is evident for b/B values up to 0.80.
The magnitude of CLf/CL, is less for a = 14 degrees and b/B values less than 0.80.
Some interesting behavior is apparent for b/B = 0.85 and ca = 14 degrees. Figure 4.22
shows the theoretical upwash from classical corrections produced by image vorticies
of unit strength. Between b/B = 0.73 and b/B = 0.85, the upwash increases very
rapidly and thus explains the rapidly decreasing values of CL /CL, in figure 4.21. The
extreme magnitude of upwash for b/B = 0.85 could possibly have caused the break in
the CL/CL, curve for ac = 14 degrees. The results for the variation of wing span to
tunnel diameter on CLf/CL, show that the wall induced lift on the wing is less than
10% of the lift in free air when b/B ratios are less than 0.60. The wall induce lift rapidly
increases from approximately 10% to approximately 18% as b/B increases from 0.60 to
0.80. Therefore, it seems that b/B ratios less than 0.60 are preferable.
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Chapter 5
Summary
The separated flow vortex panel method implemented for the analysis of tunnel
wall effects was successfully used to approximate the complex separated flow conditions
associated with swept, tapered wings of moderate aspect ratio. Modeling in free air and
a wind tunnel environment was carried out for an aspect ratio three wing with a taper
ratio of 0.025, leading edge sweep of 45 degrees and a NACA 64A005 airfoil section. An
experimental test of the wing was carried out in a wind tunnel with a ratio of wing span
to tunnel span (b/B) of 0.73 and served as a basis of comparison for the panel method.
Results of the modeling show the following.
* For angles of attack where less than 50% of the wing surface experienced separa-
tion, CL, determined from the panel method was within 2% of the values obtained
for CL, from the integration of the experimental wing surface pressures.
* For angles of attack where more than 50% of the wing surface experienced sep-
aration, the CL, values determined from the panel method underpredicted, by
approximately 6%, the experimental values of CL,.
* For the angles of attack tested in the experiment and a tunnel model with b/B =
0.73, CLf/CL, is approximately equal to 0.86.
The behavior of the vortex panel method was shown to be sensitive to the ratio of
the number of streamwise panels along the wing semi-span to the wing span (n). For
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T values greater than unity, paneling discontinuities at such locations as the outboard
streamwise strips on the wing surface and the strips of the separated wake, resulted in in-
duced velocities on panel control points. These "tip effects" are due to a vertical spacing
between the edges of adjacent panels. For attached flows, sheet souce distributions on
the wing surface compensate for these induced velocities at the wing tip. For separated
flows, however, the discontinuity of the free vortex sheets presently limits modeling to
n" values of approximately unity. In order to model with higher values of nA, it seems
that either a continuous free vortex sheet must be modeled or the concentrated vorticity
trails that follow the edges of streamwise strips must be moved to locations vertically
intermediate between the edges of the discontinuous streamwise strips.
When modeling separated flows with consideration of the limits on , the panel
method was shown to be in good agreement with experimental results, and thus further
development of the model with the purpose of reducing or eliminating the discontinuous
modeling of free vortex sheets promises to provide even better agreement with actual
flow results.
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upper surface lower surface
chordwise chordwise
tap number z'/c tap number z'/c
0 0.000 0 0.000
1 0.005
2 0.015 25 0.015
3 0.025
4 0.040 26 0.050
5 0.070
6 0.100 27 0.100
7 0.150
8 0.200 28 0.200
9 0.250
10 0.300 29 0.300
11 0.350
12 0.400 30 0.400
13 0.450
14 0.500 31 0.500
15 0.550
16 0.600 32 0.600
17 0.650
18 0.700 33 0.700
19 0.750
20 0.800 34 0.800
21 0.850
22 0.900 35 0.900
23 0.950 36 0.950
24 0.980
Table 2.1: Chordwise distribution of wing surface pressure taps
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distance from leading
edge of ground board (in.)
upper lower
surface side centerline surface side
3.75 3.75 3.75
2.0 2.0 2.0
0.85 0.85 0.85
0.0 0.0 0.0
0.85 0.85 0.85
2.0 2.0 2.0.
3.75 3.75 3.75
11.25 11.25 11.25
18.0
23.25 23.25
27.5
35.0 35.0
47.0 W 47.0
59.0 I 59.0
71.0 N 71.0
83.0 G 83.0
91.0
95.5 95.5
103.0
107.5 107.5
120.0 120.0 120.0
138.5 138.5 138.5
156.5 156.5 156.5
* figure 2.7 illustrates ground board pressure tap locations
* ground board tap locations for the turntable vary with wing angle of attack
* tap locations presented above are for the wing at 0 deg. angle of attack
* root chord locations(Cr = 51.2") - leading edge 31.8" - trailing edge 83.0"
Table 2.2: Ground board pressure tap locations
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Re b.l.
8 e 8 te 106 /ft M trip atgeometric acorrected CL CD CDcorreted
0 0 1.0 0.15 N -8 -8.8 -0.479 0.057 0.064
0 0 1.0 0.15 N -4 -4.3 -0.205 0.016 0.017
0 0 1.0 0.15 N 0 0.1 0.039 0.006 0.006
0 0 1.0 0.15 N 2 2.3 0.161 0.007 0.008
0 0 1.0 0.15 N 4 4.5 0.295 0.014 0.017
0 0 1.0 0.15 N 6 6.7 0.428 0.033 0.038
0 0 1.0 0.15 N 8 8.9 0.568 0.064 0.073
0 0 1.0 0.15 N 10 11.1 0.687 0.104 0.118
0 0 1.0 0.15 N 14 15.4 0.861 0.198 0.219
0 0 1.3 0.19 N -8 -8.8 -0.499 0.058 0.065
0 0 1.3 0.19 N -4 -4.4 -0.224 0.016 0.017
0 0 1.3 0.19 N 0 0.0 0.011 0.006 0.006
0 0 1.3 0.19 N 2 2.2 0.132 0.007 0.008
0 0 1.3 0.19 N 4 4.4 0.263 0.012 0.014
0 0 1.3 0.19 N 6 6.7 0.406 0.027 0.032
0 0 1.3 0.19 N 8 8.9 0.552 0.061 0.070
0 0 1.3 0.19 N 10 11.1 0.671 0.099 0.112
0 0 1.3 0.19 N 14 15.4 0.861 0.197 0.218
0 0 1.0 0.15 Y -8 -8.8 -0.472 0.056 0.062
0 .0 1.0 0.15 Y -4 -4.3 -0.202 0.016 0.017
0 0 1.0 0.15 Y 0 0.0 0.029 0.006 0.006
0 0 1.0 0.15 Y 2 2.3 0.161 0.007 0.008
0 0 1.0 0.15 Y 4 4.5 0.286 0.015 0.017
0 0 1.0 0.15 Y 6 6.7 0.423 0.030 0.035
0 0 1.0 0.15 Y 8 8.9 0.564 0.063 0.072
0 0 1.0 0.15 Y 10 11.1 0.682 0.102 0.115
0 0 1.0 0.15 Y 14 15.4 0.862 0.196 0.218
0 0 1.3 0.19 Y -8 -8.8 -0.498 0.057 0.064
0 0 1.3 0.19 Y -4 -4.4 -0.227 0.017 0.018
0 0 1.3 0.19 Y 0 0.0 0.015 0.007 0.007
0 0 1.3 0.19 Y 2 2.2 0.137 0.007 0.008
0 0 1.3 0.19 Y 4 4.4 0.264 0.014 0.016
0 0 1.3 0.19 Y 6 6.6 0.396 0.027 0.032
0 0 1.3 0.19 Y 8 8.9 0.553 0.060 0.069
0 0 1.3 0.19 Y 10 11.1 0.677 0.100 0.113
0 0 1.3 0.19 Y 14 15.4 0.859 0.197 0.218
Table 2.3: Experimental lift and drag coefficients
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Re b.l.
8Ire 6te 106/f t M trip ageometric acorrected CL CD CDcorrected
20 30 1.0 0.15 N -8 -7.7 0.211 0.112 0.113
20 30 1.0 0.15 N -4 -3.2 0.500 0.082 0.089
20 30 1.0 0.15 N 0 1.2 0.716 0.092 0.107
20 30 1.0 0.15 N 2 3.3 0.809 0.102 0.121
20 30 1.0 0.15 N 4 5.5 0.907 0.116 0.140
20 30 1.0 0.15 N 6 7.6 1.002 0.137 0.166
20 30 1.0 0.15 N 8 9.8 1.117 0.170 0.206
20 30 1.0 0.15 N 10 11.9 1.156 0.232 0.271
20 30 1.0 0.15 N 14 16.0 1.248 0.311 0.356
20 30 1.3 0.19 N -8 -7.7 0.204 0.118 0.119
20 30 1.3 0.19 N -4 -3.2 0.497 0.089 0.096
20 30 1.3 0.19 N 0 1.2 0.735 0.098 0.114
20 30 1.3 0.19 N 2 3.3 0.820 0.108 0.127
20 30 1.3 0.19 N 4 5.5 0.923 0.121 0.146
20 30 1.3 0.19 N 6 7.6 1.006 0.141 0.170
20 30 1.3 0.19 N 8 9.8 1.107 0.166 0.202
20 30 1.3 0.19 N 10 11.9 1.176 0.236 0.276
20 30 1.3 0.19 N 14 16.1 1.259 0.315 0.361
20 30 1.0 0.15 Y -8 -7.7 0.171 0.122 0.123
20 30 1.0 0.15 Y -4 -3.3 0.450 0.094 0.100
20 30 1.0 0.15 Y 0 1.1 0.691 0.098 0.112
20 30 1.0 0.15 Y 2 3.3 0.788 0.110 0.128
20 30 1.0 0.15 Y 4 5.5 0.890 0.124 0.147
20 30 1.0 0.15 Y 6 7.6 0.994 0.144 0.173
20 30 1.0 0.15 Y 8 9.8 1.108 0.173 0.209
20 30 1.0 0.15 Y 10 11.9 1.162 0.238 0.277
20 30 1.0 0.15 Y 14 16.1 1.259 0.315 0.361
20 30 1.3 0.19 Y -8 -7.7 0.211 0.115 0.116
20 30 1.3 0.19 Y -4 -3.2 0.497 0.089 0.096
20 30 1.3 0.19 Y 0 1.2 0.725 0.098 0.113
20 30 1.3 0.19 Y 2 3.3 0.820 0.109 0.128
20 30 1.3 0.19 Y 4 5.5 0.912 0.122 0.146
20 30 1.3 0.19 Y 6 7.6 1.000 0.141 0.170
20 30 1.3 0.19 Y 8 9.8 1.130 0.174 0.211
20 30 1.3 0.19 Y 10 11.9 1.174 0.235 0.275
20 30 1.3 0.19 Y 14 16.1 1.260 0.315 0.361
Table 2.4: Experimental lift and drag coefficients
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Re b.l.
5_e 8te 106 /ft M trip crgeometric aicorrected CL CD CDcorrected
10 0 1.0 0.15 Y -8 -8.8 -0.485 0.093 0.100
10 0 1.0 0.15 Y -4 -4.4 -0.221 0.031 0.032
10 0 1.0 0.15 Y 0 0.0 0.028 0.009 0.009
10 0 1.0 0.15 Y 2 2.2 0.150 0.007 0.008
10 0 1.0 0.15 Y 4 4.5 0.278 0.009 0.011
10 0 1.0 0.15 Y 6 6.7 0.407 0.015 0.020
10 0 1.0 0.15 Y 8 8.9 0.544 0.029 0.038
10 0 1.0 0.15 Y 10 11.1 0.678 0.055 0.068
10 0 1.0 0.15 Y 14 15.4 0.860 0.135 0.156
10 10 1.0 0.15 Y -8 -8.3 -0.176 0.054 0.055
10 10 1.0 0.15 Y -4 -3.8 0.103 0.014 0.014
10 10 1.0 0.15 Y 0 0.6 0.341 0.015 0.018
10 10 1.0 0.15 Y 2 2.8 0.465 0.020 0.026
10 10 1.0 0.15 Y 4 5.0 0.589 0.030 0.040
10 10 1.0 0.15 Y 6 7.2 0.715 0.046 0.061
10 10 1.0 0.15 Y 8 9.4 0.847 0.073 0.094
10 10 1.0 0.15 Y 10 11.5 0.933 0.113 0.138
10 10 1.0 0.15 Y 14 15.7 1.038 0.203 0.234
0 10 1.0 0.15 Y -8 -8.2 -0.138 0.020 0.021
0 10 1.0 0.15 Y -4 -3.8 0.112 0.011 0.011
0 10 1.0 0.15 Y 0 0.6 0.345 0.015 0.018
0 10 1.0 0.15 Y 2 2.8 0.470 0.023 0.029
0 10 1.0 0.15 Y 4 5.0 0.594 0.037 0.047
0 10 1.0 0.15 Y 6 7.2 0.719 0.066 0.081
0 10 1.0 0.15 Y 8 9.3 0.824 0.108 0.128
0 10 1.0 0.15 Y 10 11.4 0.888 0.155 0.178
0 10 1.0 0.15 Y 14 15.6 0.996 0.254 0.283
0 30 1.0 0.15 Y -8 -7.4 0.370 0.061 0.065
0 30 1.0 0.15 Y -4 -3.1 0.562 0.076 0.085
0 30 1.0 0.15 Y 0 1.2 0.757 0.098 0.115
0 30 1.0 0.15 Y 2 3.4 0.866 0.120 0.142
0 30 1.0 0.15 Y 4 5.6 1.001 0.159 0.188
0 30 1.0 0.15 Y 6 7.8 1.092 0.212 0.247
0 30 1.0 0.15 Y 8 9.9 1.140 0.264 0.302
0 30 1.0 0.15 Y 10 11.9 1.158 0.312 0.351
0 30 1.0 0.15 Y 14 15.9 1.174 0.406 0.446
Table 2.5: Experimental lift and drag coefficients
73
Re b.l.
Sti 6te 106/ ft M trip ageometric acorrected CL CD CDcorr,,cted
20 0 1.0 0.15 Y -8 -8.8 -0.521 0.150 0.158
20 0 1.0 0.15 Y -4 -4.4 -0.267 0.071 0.073
20 0 1.0 0.15 Y 0 0.0 0.004 0.020 0.020
20 0 1.0 0.15 Y 2 2.2 0.131 0.010 0.010
20 0 1.0 0.15 Y 4 4.4 0.253 0.010 0.012
20 0 1.0 0.15 Y 6 6.6 0.385 0.013 0.017
20 0 1.0 0.15 Y 8 8.8 0.521 0.022 0.030
20 0 1.0 0.15 Y 10 11.1 0.651 0.038 0.050
20 0 1.0 0.15 Y 14 15.4 0.860 0.097 0.118
Table 2.6: Experimental lift and drag coefficients
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Figure 2.4: Wing pressure tap locations - lower surface
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Figure 2.5: Schematic diagram of Wright Brothers Wind Tunnel
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Figure 2.11: Ground board Cp's, long board, 6gbf = 10, a = 8
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Figure 2.13: Ground board Cp's, long board, 6gbf = 0, a = 14
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Figure 2.16: Experimental Cp comparisons, a = 8, 61e,te = 0, = 0.481
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Figure 2.18: Experimental Cp comparisons, ca = 8, 61,,t = 0, = 0.722
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Figure 2.24: Re and trip effects on Cp, 5re = 0, 6te = O, y=0.481, Re=1.3 million/ft
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Figure 2.26: Re and trip effects on Cp, 6=20, te=30 , =0.199, Re=1.3 million/ft
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Figure 2.28: Re and trip effects on Cp, 6=20, 6te=30, =0.481, Re=1.3 million/ft
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Figure 2.30: Carpet Cp plots, Sle = 0, 6te = 0, a = 8 deg
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Figure 2.32: Carpet Cp plots, 5ie = 0, 8te = O, a = 14 deg
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Figure 2.34: Carpet Cp plots, 1Et = 20, t, = 0, a = 14 deg
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Figure 2.36: Carpet Cp plots, rle = 20, 6te = 30, a = 0 deg
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Figure 2.37: Flap effects on CL versus a
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Figure 2.38: Experimental comparisons of CL vs. aCcorrected
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Figure 4.12: CL vs. 1/nc for a = 10 deg, ns = 2
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Figure 4.13: Experiment and panel method - CL vs. a (b/B=0.73)
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Figure 4.15: Wing and wake shape for a = 8 deg, in tunnel (b/B=0.73)
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Figure 4.16: Wing and wake shape for = 10 deg, in tunnel (b/B=0.73)
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Figure 4.18: Experiment and panel method - CL vs. a (b/B=0.73)
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Figure 4.19: Free air and tunnel(b/B=0.73) - CL vs. angle of attack
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Figure 4.20: CLf/CL, vs. angle of attack (b/B=0.73)
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Figure 4.22: Classical wall correction, wt/r vs. b/B
127
1.0
0.9
0.8
0.7
0.6
--~ 0.5
0.4
0.3
0.2
0.1
0.0
_ ._
0.00
